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SUMMARY 
Payloads and mission times were calculated f o r  space vehicles propelled 
by ion rockets using nuclear power supplies having spec i f ic  weights from 10 
t o  50 lb/kw. 
s a t e l l i t e ,  law-alt i tude Venus s a t e l l i t e ,  so l a r  probe, Saturn probe, and a 
J u p i t e r  s a t e l l i t e  with a c i r cu la r  o r b i t  a t  t he  a l t i t u d e  of J u p i t e r ' s  fourth 
moon. 
weight was  s tudied and the  optimum power l eve l s  thereby determined. The ion 
rocket payload capab i l i t i e s  were compared with those of high-thrust  vehicles 
using hydrogen-oxygen rockets and tungsten-core nuclear rockets; i n  addi t ion 
t h e  performance of high- and low-thrust systems staged i n  combination has 
been invest igated.  Launch vehicles considered i n  t h i s  study were the  Atlas- 
Centaur, t he  Saturn C-1, and the  Saturn C-5. 
Included i n  the  study were f ive  missions: low-alt i tude lunar  
The var ia t ion  of payload with the  r a t i o  of power supply weight t o  gross 
CONCLUSIONS 
1. A power supply weight between 20 and 3 6  of vehicle gross weight 
w i l l  r e s u l t  i n  near-minimum f l i g h t  t i m e  for a given payload, except f o r  pay- 
loads under about 5 t o  10% of vehicle gross weight. 
r e l a t i v e l y  independent of the  mission, f l i gh t  time, power supply spec i f ic  
weight, and accelerator  e f f i c i enc ie s .  
This conclusion i s  
2. The best  power l eve l s  f o r  spacecraft o rb i ted  by Atlas-Centaur, 
Saturn C-1, and Saturn C-5 vehicles would thus be about 170 t o  250 kw, 380 
t o  570 kw, and 4.4 t o  6.6 mw, respectively, f o r  a power supply spec i f i c  
weight of 10 lb/kw, or  half  these values i f  t he  spec i f i c  weight were 20 lb/kw. 
3. Assuming compatibil i ty of physical dimensions, a power supply of 
near-optimum weight fo r  Saturn C - 1  space vehicles could a l s o  be used with an 
R-1297-9 . 
Atlas-Centaur vehicle r a the r  than one optimized f o r  the  Atlas-Centaur, although 
with s ign i f i can t  reduction i n  payload capabili ty.  On the other  hand, two power 
supply u n i t s  of near-optimum weight f o r  the Atlas-Centaur would a l s o  provide 
near-optimum performance f o r  a Saturn C - 1  space vehicle assuming t h a t  p a r a l l e l  
operation of two reac tors  and power supplies i s  feas ib le .  
4. Because of the very la rge  charac te r i s t ic  ve loc i t i e s  required f o r  a 
s o l a r  probe, the ion rocket i s  the  only system among those considered which 
i s  more than marginally capable of performing the  mission. 
5 .  Ion-rocket vehicles can del iver  greater  payloads than high-thrust  
systems f o r  all flight t i m e s  on the  Saturn probe and Jup i t e r  s a t e l l i t e  missions 
i f  t h e  power supply spec i f i c  weight i s  about 10 lb/kw or l e s s .  If the  spec i f ic  
weight i s  as great  as 20 lb/kw, t h i s  conclusion s t i l l  holds except f o r  marginally 
small payloads. 
6 .  The f l i g h t  times f o r  Jup i t e r  s a t e l l i t e  and Saturn probe missions 
calculated on the bas i s  of the  e f f ic ienc ies  and spec i f i c  weights assumed i n  
the  study are grea te r  than the  planned operating l i f e  of the  SNAP-8 power 
supply. 
allow the  exploration of these planets  and those beyond. 
The provision of longer l i fe t imes  f o r  advanced power supplies would 
7. 
t h r u s t  systems on lunar and Venus s a t e l l i t e  missions, although f l i g h t  times 
a r e  longer. 
Ion-rocket vehicles can del iver  greater  payloads than the  high- 
8. A spacecraft  which uses a high-thrust stage t o  accelerate  t o  s l i g h t l y  
beyond escape ve loc i ty  and then uses an ion rocket t o  complete the  mission w i l l  
genera l ly  be superior t o  both all- low-thrust  and a l l -h igh- thrus t  vehicles over 
an intermediate range of payloads and t r i p  times. Such a combination appears 
t o  be most a t t r a c t i v e  f o r  two categories of missions: (a) those f o r  which 
the  low-thrust Earth escape s p i r a l  would be a la rge  f r ac t ion  of the t o t a l  
t r i p  t i m e  and the  cha rac t e r i s t i c  ve loc i ty  requirement i s  la rge ,  such as 
so la r  probes, Mercury probes, and out-of- the-ecl ipt ic  probes; (b )  those for 
which both the  al l -high-thrust  and all- low-thrust  systems provide only 
marginal performance, such as manned interplanetary missions. 
9. The optimum spec i f i c  impulse i s  a function of mission, t r i p  t i m e ,  
and power supply spec i f ic  weight. 
f o r  maximum th rus t  (2540 sec i n  t h i s  study) f o r  short  t r i p  times and small 
payloads on up t o  12,000 sec o r  grea te r  f o r  l a rge  payloads and long t r i p  
times. 
It can range from the  spec i f i c  impulse 
2 
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A number of avenues of fur ther  and continuing study are suggested by t h e  
r e s u l t s  contained i n  t h i s  report:  
1. The f e a s i b i l i t y  of developing a s ingle  basic  nuclear power supply 
u n i t  f o r  use with both the  Atlas-Centaur category launch vehicle and the  
Saturn C-1 launch vehicle should be investigated. This study would include 
the  f e a s i b i l i t y  of operating two reactors  i n  p a r a l l e l  so t h a t  i f  f o r  example, 
a 2100 t o  2500 l b  power supply u n i t  were developed f o r  use with an A t l a s -  
Centaur, two of these could be used with the C-1. Alternatively,  it should 
be determined whether a power supply of around 3800 l b  designed f o r  use with 
the  C - 1  would be compatible with t h e  Centaur i n  terms of physical  dimensions. 
2. The capabi l i ty  t o  operate the  powerplant continuously f o r  periods 
i n  excess of a year and ranging up t o  2 t o  3 years should be investigated,  
s ince it appears t h a t  these operating times w i l l  be necessary t o  car ry  out 
advanced missions such as the  Saturn probe mission and the  Jup i t e r  sa te l l i te  
mission, a t  least u n t i l  parer  supplies which weigh less than 10 lb/kw can be 
developed. 
planetary voyages. 
I n  addition, such capabi l i ty  w i l l  be required f o r  manned i n t e r -  
3 .  Since e l e c t r i c  propulsion can yield much grea te r  payload f rac t ions  
f o r  d i f f i c u l t  missions than any currently planned high-thrust system, t h e  use 
of e l e c t r i c  propulsion f o r  manned interplanetary missions should be studied, 
and the  gross w e i g h t  required i n  o r b i t  t o  car ry  out t yp ica l  missions should 
be compared with t h e  gross weights which would be necessary i f  nuclear rockets 
o r  combination staging of nuclear rockets and e l e c t r i c a l  rockets were used. 
k .  Fdrther stud ies  should ?E i;n,6ert&en GY vehicles which use hi& 
t h rus t  t o  escape the  Earth and then u t i l i z e  ion propulsion t o  car ry  out t he  
remainder of t h e  mission. The poss ib i l i ty  of u se fu l ly  employing the  SW-8 
system on in te rp lane tary  missions by means of t h i s  teahnique bears spec i f ic  
invest igat ion.  
e l e c t r i c  systems should be studied with the purpose of defining missions and 
t r i p  t i m e s  f o r  which it i s  the  most desirable mode of operation. It i s  
believed t h a t  t h i s  technique w i l l  be pa r t i cu la r ly  a t t r a c t i v e  f o r  missions 
such as so la r  probes, Mercury probes, and out-of- the-ecl ipt ic  probes. 
In  addition,the use o f  t h i s  technique with higher p e r f o m n c e  
5 .  Data f o r  ion rocket missions contained i n  t h i s  report  and i n  other  
s tud ies  should be updated as more precise estimates of accelerator  e f f i c i enc ie s  
and acce lera tor  weights become available.  Similarly,  data on nuclear rocket 
capab i l i t i e s  should be updated a s  more precise estimates of over-al l  propulsion 
system weight and spec i f ic  impulse a r e  obtained. 
estimates of insu la t ion  requirements f o r  planetary s a t e l l i t e  missions should be 
In  addition, more precise  
3 
incorporated i n t o  t h e  performance data f o r  both nuclear rockets and cryogenic 
chemical rocket systems. Small changes i n  any of t he  above w i l l  make important 
differences f o r  small payload f rac t ions  and shorter  t r i p  t i m e s  but w i l l  be less 
s igni f icant  a t  higher payload f rac t ions  and longer t r i p  times. 
6 .  A more de ta i led  preliminary design study of an ion propulsion system 
f o r  a p a r t i c u l a r  launch vehicle should include a r e a l i s t i c  assessment of scal ing 
e f f ec t s .  It i s  expected t h a t  i n  general there  will be some decrease i n  spec i f ic  
weight with increasing power l eve l .  
conclusions of t h i s  study but would tend t o  favor somewhat higher power leve ls .  
This i s  not expected t o  a l ter  t h e  general 
INTRODUCTION 
During Phase I of t h i s  contract  t he  performance of e l e c t r i c a l l y  propelled 
spacecraft  using t h e  SNAP-8 nuclear power supply w a s  investigated.  
mainly t o  24-hr satel l i te  and possibly lunar missions. 
r e l a t i v e l y  high weight of the  SNAP-8 system (3000 l b  f o r  t he  60-kw version 
and 2000 lb f o r  t he  30 kw system) it does not appear promising f o r  i n t e r -  
planetary missions. It i s  generally recognized, however, t h a t  ion-rocket 
vehicles using power supplies with lower spec i f ic  w e i g h t s  should be capable 
of performing highly useful  "deep space" missions. Therefore, the purposes 
of t h i s  phase of t he  study w e r e  t o  (1) determine the  w e i g h t s  and power l eve l s  
of t he  power supplies which should be developed f o r  use with these vehicles, 
(2) e s t ab l i sh  payload capab i l i t i e s  of advanced e l e c t r i c  propulsion systems 
using cur ren t ly  programmed NASA launch vehicles, and (3) provide a preliminary 
comparison with high-thrust  vehicles using hydrogen-oxygen rockets o r  advanced 
nuclear rockets.  
The r e s u l t s  
I as given i n  R e f .  1 indicate  t h a t  SNAP-8-powered systems w i l l  have appl icat ion 
Because of t h e  
i 
SCOPE AND METHOD OF ANALYSIS 
Missions and Boos ters  
Five missions are considered i n  t h i s  study, each of which or ig ina tes  
These missions include th ree  t r ans fe r s  t o  a from a 300 n m i  Earth o rb i t .  
s a t e l l i t e  orb i t :  a 100 n mi lunar  o rb i t ,  a 500 n m i  Venus o rb i t ,  and a 
l,Ol5,OOO n mi Jup i t e r  orbi t ;  and two probes: passing close t o  Saturn, and 
within 20 radii of t he  Sun. For each mission the performance of ion-propelled 
spacecraft  i s  compared with t h a t  of chemically-propelled and nuclear-propelled 
spacecraft  launched by the  same booster and or iginat ing from the  same o rb i t .  
In  addition, t h e  use of chemical and e l e c t r i c  propulsion i n  combination i s  
4 
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inves t iga ted  f o r  t h e  Venus s a t e l l i t e  mission. The boosters considered a re  
the  Atlas-Centaur with a payload capabi l i ty  of 8500 l b  i n  a 300 n m i  o rb i t ,  
and t h e  Saturn C - 1  with a 19,000 l b  payload capabi l i ty .  
s a t e l l i t e  mission the  Saturn C-5 with a 220,000 l b  payload capabi l i ty  i s  
a l so  considered. 
For the  lunar  
Ion Engine Efficiency 
Selection of an operating condition f o r  ion-propelled spacecraft  i s  
cha rac t e r i s t i ca l ly  a trade-off between t r i p  t i m e  and payload. This circum- 
stance arises from t h e  inverse proport ional i ty  between th rus t ,  F , and 
spec i f i c  impulse, 1 , i n  the  th rus t  equation which shows t h e  dependence of 
t h r u s t  on engine eff ic iency,  7 , input power, P , and spec i f i c  impulse. 
The over-al l  engine efficiency, 77 , which consis ts  of two par t s ,  a power 
e f f ic iency  qP and a propellant u t i l i z a t i o n  e f f ic iency  rlu , i s  given by Eq. (2 ) .  
where L is  a constant f o r  a given type of ion engine. This equation demon- 
strates t h e  dependence of engine eff ic iency on spec i f ic  impulse and, i n  com- 
binat ion with Eq. (l), indicates  the  existence of a spec i f i c  impulse f o r  
m a x i m  th rus t .  
I n  Fig. 1 the  e f f i c i enc ie s  of t he  ion engines considered i n  t h i s  study 
a re  sham as functions of specif ic  impulse. The curve f o r  t he  bombardment ion  
engine, corresponding t o  the  configuration being developed at  the  NASA Lewis 
Research Center, i s  based on a l o s s  of 1000 electron vo l t s  per mercury ion 
and 80% propellant u t i l i z a t i o n .  
a surface-contact engine of t he  type being developed by Hughes Aircraf t  Company 
and i s  based on t h e i r  estimates (Ref. 2 )  of 20 ma/cm2 ion source current,  40% 
heater  e f f ic iency  f o r  t he  ionizer ,  and a neut ra l izer  power requirement which 
i s  25% of t h a t  f o r  the  ionizer .  A 95$ propellant u t i l i z a t i o n  has been assumed 
f o r  the  Hughes engine. The lowest specif ic  impulse shown f o r  each engine i s  
the  one a t  which maximum th rus t  i s  obtained f o r  a given power input.  Since 
operation a t  lower specif ic  impulses involves a reduction r a the r  than an 
increase i n  thrus t , there  i s  no advantage t o  be gained by operation below t h i s  
point .  
The curve f o r  t he  cesium engine appl ies  t o  
5 
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Figure 1 shows t h a t  t he  bombardment engine has the  higher e f f ic iency  
f o r  spec i f i c  impulses less than about 7000 sec, while t he  cesium engine i s  
superior  a t  higher spec i f ic  impulses. I n  t h i s  study the  higher e f f ic iency  
of t he  two i s  always used so t h a t  operation below 7000 sec assumes the  use 
of t h e  bombardment engine and operation above 7000 sec assumes use of the  
cesium engine. The maximum th rus t  of the bombardment engine occurs a t  a 
spec i f i c  impulse of 2540 sec which i s  the minimum spec i f ic  impulse considered 
i n  t h i s  study. 
High-Thrust Systems and Trajector ies  
In  general t h e  high-thrust systems are analyzed on the  bas i s  of s ta te-of-  
the-ar t  assumptions as regards weights (see Appendix I) and engine perfomance. 
Although optimum operating conditions vary f o r  the  d i f fe ren t  vehicles and 
missions considered here, the H2/02 chemical rockets are assumed t o  operate a t  
a mixture r a t i o  of 6 t o  y i e ld  a spec i f ic  impulse of 420 sec. 
represent a typ ica l  operating condition for H2/02 stages cur ren t ly  being con- 
s idered f o r  future  use. 
These f igu res  
With regard t o  the  nuclear high-thrust stages, t he  use of graphite- 
moderated reac tors  w a s  found t o  r e s u l t  i n  p rohib i t ive ly  l a rge  f ixed  weights 
and correspondingly poor payload carrying capacity f o r  s tages  of t he  s i z e  
under consideration here. 
se lec ted  with a core consisting of uranium oxide dispersed i n  tungsten. 
According t o  R e f .  3 such a system couldhave a minimum w e i g h t  of 1000 l b  as 
compared with 4500 l b  f o r  a graphite reactor engine. 
assumed t o  operate a t  a spec i f ic  impulse o f  800 sec a t  which 1 mw corresponds 
t o  45 lb of th rus t .  
Consequently, a f a s t  wzmoderated system w a s  
The fast system i s  
In the  cn-%arisen of lev- and h igh - thxs t  upper stiges, seversl  hi&\= 
t h r u s t  combinations are considered: two chemical stages, a nuclear stage plus  
a chemical stage,  two nuclear stages, and a 1s-stage nuclear system. 
assumes d isposabi l i ty  of a propellant tank which ca r r i e s  enough propellant t o  
fu l f i l l  one-half of the  cha rac t e r i s t i c  velocity -:equirement f o r  t h e  probe 
missions or t he  f i r s t  ve loc i ty  impulse of t h e  satel l i te  missions. 
i s  j e t t i soned  as soon as it becomes empty. 
The las t  
This tank 
Trajectory calculat ions f o r  the  high-thrust Jup i t e r  s a t e l l i t e ,  Venus 
s a t e l l i t e ,  and Saturn probe missions were  car r ied  out with t h e  use of  an 
ex i s t ing  program which employs the  usual assumptions of impulsive appl icat ion 
of t h rus t  and motion according t o  Kepler's laws. These calculat ions,  as wel l  
a s  a l l  others  i n  t h i s  study, a r e  based on t he  assumptions of c i rcu lar ,  
coplanar Earth and dest inat ion planet orbi ts .  This assumption provides 
acceptable accuracy for t h e  planets  considered i n  t h i s  study. 
t he  minimum AV i s  found f o r  each t r i p  time by considering a wide range of 
launch posi t ions,  a r r i v a l  posit ions,  and f i r i n g  angles. 
In  each case 
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I n  the  case of t he  Jup i t e r  s a t e l l i t e  mission, t he  approach t o  the  planet 
cons is t s  of a three-impulse capture maneuver explained i n  R e f .  4. The three- 
impulse capture w a s  selected because f o r  high-alt i tude s a t e l l i t e  o r b i t s  it 
requires  the  lowest AV of any known capture maneuver and consequently r e s u l t s  
i n  s ign i f i can t ly  grea te r  payloads f o r  a given t r i p  t i m e  f o r  t he  Jup i t e r  s a t e l l i t e  
mission. 
Results f o r  t he  lunar  mission a re  based on previous work done a t  the  
Research Laboratories ( R e f .  5 )  involving three-body calculat ions i n  the  Earth- 
Moon system. 
the  so l a r  probe mission i s  the  &stage nuclear rocket using a Saturn C - 1  
launch vehicle.  
The only high-thrust  system which yields  a pos i t ive  payload f o r  
Ion Engine Systems and Trajector ies  
The performance c r i t e r ion  which i s  used i n  t h i s  study i s  minimum t o t a l  
t r i p  time f o r  a given payload. 
coast t r a j e c t o r i e s ,  it i s  necessary t o  determine the  optimum operating 
spec i f ic  impulse f o r  each t r i p  t i m e .  To accomplish t h i s  optimization f o r  
a given mission, power supply spec i f ic  weight, Q , and power supply weight, 
Wpp, calculat ions are made f o r  several  values of spec i f ic  impulse. Power 
supply weight and spec i f ic  weight as referred t o  herein include the  reactor ,  
heat exchanger, energy conversion un i t ,  and space rad ia tor .  The optimum 
spec i f ic  impulse f o r  any t r i p  t i m e  i s  the one which y ie lds  the  grea tes t  
payload. In  t h i s  way payload vs t r i p  time curves a re  generated f o r  each 
mission. 
With the  assumptions of constant t h rus t  plus 
The low-thrust t r a j e c t o r i e s  begin with a s p i r a l  escape phase i n  which 
the  spacecraft  moves from the  i n i t i a l  300 n m i  o rb i t  t o  t he  Ear th ' s  gravisphere 
where t r ans i t i on  t o  the  heliopentric phase i s  zssl~?eC? t o  hegin. In  general t h e  
excess ve loc i ty  of the  spacecraft  a t  t h e  gravisphere i s  a s igni f icant  f r ac t ion  
of the  Av requirement of the  mission. This i s  espec ia l ly  important f o r  t he  
Jup i t e r  sa te l l i te  mission wherein the  hyperbolic excess ve loc i ty  upon approach 
t o  Jup i t e r  can be as great  a s  J u p i t e r ' s  hel iocentr ic  veloci ty .  
For a l l  but t h e  Jup i t e r  mission the  method of R e f .  6 i s  employed i n  the  
calculat ion of escape and capture s p i r a l  t r a j ec to r i e s .  
on constant tangent ia l  accelerat ion but can be modified by the  method of 
R e f .  7 so  as t o  be applicable t o  the  constant-thrust case. This method i s  
not useful  f o r  t he  capture maneuver of Jupi ter  s a t e l l i t e  missions, however, 
because the  r a t i o s  of t h rus t  t o  l oca l  weight involved a re  always grea te r  
than the  maximum (0.01) f o r  which the  method i s  applicable.  
f o r  the Jup i t e r  capture were obtained f rom R e f .  8. 
This analysis  i s  based 
Trajectory data 
Previous s tudies  a t  JF'L and NASA Lewis Research Center have shown t h a t  
f o r  the  he l iocent r ic  phase of a low-thrust mission, t he  use of two constant- 
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thrust-angle  burning periods provides an excellent approximation t o  the  
optimum t r a j ec to ry .  
t o  have a component i n  t h e  direct ion of increasing radius f o r  pa r t  of the  
t r i p ,  followed by a coast period and a second powered phase i n  which the  
r a d i a l  component i s  the  same magnitude but i n  the  direct ion of decreasing 
radius.  The Venus satel l i te  mission i s  performed i n  the  same way but i n  t h i s  
case the  r a d i a l  component of t h rus t  i s  f irst  pointed inward and then outward. 
In  the  Jupi te r  s a t e l l i t e  mission the  th rus t  i s  assumed 
In order t o  perform the  calculations f o r  these missions it i s  necessary 
t o  work forward from the  Earth and backward from t h e  dest inat ion planet,  
matching energy and angular momentum of the  probe a t  some point i n  between. 
The coast period i s  then determined by the corresponding burnout radii and 
the  parameters of t h e  resu l tan t  t r ans fe r  e l l i p se .  
f o r  a range of t h r u s t  angles a curve of payload vs t r i p  t i m e  i s  determined. 
I By repeating the  calculations 
I 
If impulsive th rus t  t r ans fe r  i s  considered as  a l imi t ing  case, t he  bes t  
t h rus t  d i rec t ion  would be expected t o  be in  the  same di rec t ion  as the excess 
ve loc i ty  a t  the  gravisphere radius.  
employing t h e  calculus of var ia t ions.  
v e r s a l i t y  conditions applied a t  t he  end points require t h a t  t h e  t h r u s t  angles 
be d i rec ted  p a r a l l e l  t o  t he  excess velocity a t  each terminal. 
This i s  borne out by exact solut ions 
I n  t h e  var ia t iona l  analysis , t rans-  
A computer program based on a gradient optimization technique was developed I 
f o r  analyzing t h e  he l iocent r ic  phase of  t h e  Saturn probe mission. 
s teer ing  program f o r  minimizing hel iocentr ic  f l ight time i s  selected f o r  each 
input poweredtime. 
weights and parer  l eve l s  without prohibi t ively long computing t i m e s ,  information 
f o r  a s ing le  case ( a  = 10 lb/kw,Wpp/Wg= 0.25) w a s  obtained on the  machine and 
transformed so  as t o  be applicable t o  other cases. 
data was based on the  assumption of an average thrust-weight r a t i o  which can 
he e-qressed a8 a function of t r i p  time and povered time f o r  the ent i re  mission. 
From these generalized data,curves of payload vs t r i p  t i m e  can be generated 
f o r  any desired parer  l e v e l  or power supply weight. 
The optimum 
In  order t o  generate data f o r  a wide range of power supply 
This general izat ion of the  
Preliminary r e s u l t s  showed t h a t  i f  t h e  constant-thrust  assumption were 
made, successful performance of t he  so la r  probe mission would require operation 
of t h e  ion engine a t  high t h r u s t  l eve l s  and consequently a t  reduced f u e l  eff i -  
ciency. In  order t o  obtain r e s u l t s  over a wide range of t r i p  t i m e s ,  it w a s  
decided t o  use var iable  thrus t  f o r  t h i s  mission. 
In  Ref. 9 r e s u l t s  were obtained f o r  a low-thrust so l a r  probe mission i n  
The t r a j e c t o r i e s  
This information 
which t h e  probe approaches tangent ia l ly  t o  20 so la r  radii, 
were optimized with respect t o  magnitude and duration of t h r u s t  and t h e  r e s u l t s  
correspond t o  a pa r t i cu la r  r a t i o  of power t o  gross weight. 
i s  d i r e c t l y  applicable t o  the  mission desired i n  t h i s  study and i s  only 
l imi ted  by the  r e s t r i c t e d  range of allowable power leve ls ,  power supply 
weights, and t r i p  times. 
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In  order t o  extend these r e s u l t s  use i s  made of the  J f ac to r  (Ref. 10) 
which represents  the  in t eg ra l  of the  square of t h rus t  accelerat ion over the  
t o t a l  burning t i m e .  This f ac to r  i s  analogous t o  a cha rac t e r i s t i c  ve loc i ty  i n  
the  sense t h a t  it represents a performance requirement f o r  a low-thrust mission. 
Payload can be expressed as a function of J , a , andW,,,,/WO, and the  J f ac to r s  
obtained from the  curve of  R e f .  9 can be used t o  produce new curves within the  
given range of t r i p  times. 
Since information on shorter  t r i p  t i m e s  i s  desirable,  an extrapolation of 
these data must be made. 
very short  t r i p  t i m e s  t he  th rus t  acceleration becomes so la rge  t h a t  t he  gravi ta-  
t i o n a l  accelerat ion a t  the  Earth 's  o rb i t  can be neglected. The solut ion f o r  
f ie ld- f ree  space which i s  derived i n  Ref, 10 shows t h a t  J i s  inversely pro- 
port ional  t o  the  cube of t o t a l  mission t i m e .  
short  t r i p  times and The data of R e f .  9 a t  t h e  longer t i m e s ,  a curve can 
e a s i l y  be drawn i n  the  region between. 
To accomplish t h i s  extrapolation it i s  noted t h a t  f o r  
With t h i s  approximation f o r  
In  addi t ion t o  the  high- and low-thrust modes of propulsion considered 
i n  t h i s  report ,  the  dual-thrust mode ( i .e . ,  when both high- and low-thrust 
engines a r e  used i n  combination) w a s  analyzed f o r  t he  Venus s a t e l l i t e  mission. 
A t yp ica l  t r a j ec to ry  begins with a high-thrust iriipulse applied i n  the  i n i t i a l  
o r b i t  and of suf f ic ien t  magnitude t o  e f fec t  escape from t h e  Earth with a 
res idual  ve loc i ty  a t  t h e  gravisphere. A low-thrust phase then begins with 
the  th rus t  applied i n  t h e  same direct ion a s  the  excess velocity.  
point t h r u s t  i s  terminated and a coast period ensues, followed by a second 
low-thrust powered phase which includes a capture s p i r a l  about Venus. The 
calculat ion procedure i s  iden t i ca l  t o  the low-thrust Venus s a t e l l i t e  case 
with t h e  exception of t he  high-thrust escape from Earth. 
A t  some 
Optimization of Power Supply Weight Fract ion 
Optimum Power Supply Fraction f o r  Missions i n  Field-Free Space 
The dependence of spacecraft performance on the  r a t i o  of power supply 
weight t o  vehicle gross weight can be understood i n  pr inc ip le  by consideration 
of a much s implif ied mission; namely, the accelerat ion of a vehicle t o  a velo- 
c i t y  Av i n  a t i m e  t by an e l e c t r i c a l l y  propelled vehicle i n  f i e ld - f r ee  space. 
For each value of the  r a t i o  of power supply weight t o  gross weight, t h rus t  
and spec i f ic  impulse can be traded off i n  accordance with the  constant power 
relat ionship,  Eq. (1). 
th rus t  a r e  selected and t h e  t i m e  required t o  reach the  given AV i s  determined. 
The combination of t h rus t  and spec i f ic  impulse which r e s u l t s  i n  the  required 
A spec i f ic  impulse and the  corresponding value of 
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value of t i s  determined and the  corresponding payload f r ac t ion  calculated. 
This analysis  i s  repeated f o r  d i f fe ren t  values of t he  r a t i o  of  power supply 
weight t o  gross weight, and a var ia t ion of WL/Wo withW,, /Wofor constant values 
o fAv  and t i s  thereby obtained. Such an analysis  has been car r ied  out f o r  
various values of t he  parameter 2t77/aAV2, under the  fu r the r  simplifying 
assumptions t h a t  s t ruc tu ra l  weight i s  zero and t h a t  t h e  acce lera tor  e f f ic iency  
? i s  a f ixed  value independent of specif ic  impulse. The smaller the  value of 
t h i s  parameter,.the shorter  the  t i m e  t fo r  a given AV o r  t he  grea te r  the  
resu l t ing  AV f o r  a f ixed  t i m e  t , f o r  fixed values of U and 7 . 
The r e s u l t s  are shown i n  Fig. 2. 
from 0 t o  1.0 f o r  a f ixed value 2tT/aAV ,an optimum, i . e . ,  a maximum value of  
payload weight fraction,WLMIO,occurs: 
long accelerat ion time t , the  optimum power supply weight f r ac t ion  approaches 
zero; as the  payload i s  reduced the  optimum value increases t o  a maximum of  
around 25%. It i s  furthermore seen t h a t  over a la rge  range of  payloads a 
power supply weight of between 20% and 3 6  of gross weight provides near- 
optimum performance. Figure 3 compares the payload f r ac t ions  using a 25% 
power supply f rac t ion  with those obtained by optimizing the  power supply 
fract ion;  it i s  seen t h a t  there  i s  very l i t t l e  difference i n  t h i s  theore t ica l  
case except a t  la rge  payloads. It i s  important t o  note t h a t  these r e s u l t s  
are independent of t he  power supply specif ic  weight, CY . This, then provides 
a preliminary bas i s  f o r  taking a power supply weight of 25% of gross weight 
as a ru l e  of thumb for near-optimum performance. The ensuing r e s u l t s  based 
on more r e a l i s t i c  mission s tudies , in  fac t , l a rge ly  confirm t h i s  approximation; 
the  only s igni f icant  difference i n  the  r e su l t s  i s  t h a t  because the  accelerator  
e f f ic iency  ac tua l ly  decreases with decreasing spec i f ic  impulse ra ther  than 
remaining constant, t he  optimum power supply f rac t ion  s h i f t s  t o  higher values 
as the  payload approaches zero ra ther  than tending t o  l e v e l  o f f  o r  decrease. 
It i s  seen t h a t  i f W p p / W o  i s  varied 
For la rge  payloads, i .e. ,  sma l l  AV or 
2 
The optimization of power supply weight has been s tudied i n  d e t a i l  f o r  
In  Fig.  4 the  Saturn probe, Venus s a t e l l i t e ,  and lunar satel l i te  missions. 
the  r e s u l t s  are sham f o r  the  Saturn probe mission a s  curves of payload 
f r ac t ion  vs power supply f r ac t ion  f o r  constant t r i p  times, with o = 10 lb/kw. 
The optimum value of Wpp/Wo var ies  from 25% a t  a t r i p  t i m e  of 1000 days and 
a payload f r ac t ion  of 56$ t o  about 36% f o r  a t r i p  t i m e  of 450 days and a pay- 
load f r ac t ion  of about 2$. Even a t  a t r i p  time of 500 days the  payload f o r  
a 25% power supply f r ac t ion  would be only about 25% less than the  optimum 
value. Similar r e s u l t s  a r e  shown i n  Fig. 5 f o r  t he  Venus satel l i te  mission. 
The optimum power supply f r ac t ion  i n  t h i s  case var ies  from about 12% f o r  a 450- 
day mission with a 62% payload f rac t ion  t o  35 o r  40% f o r  a 135-day t r i p  and 
Ilk payload f rac t ion .  
yields  near-optimum r e s u l t s  except f o r  small payloads and short  t r i p  t i m e s .  
Although the  r e s u l t s  shown i n  Figs. 4 and 5 a r e  f o r  a pa r t i cu la r  value of 
It i s  seen t h a t  a 25% power supply f r ac t ion  again 
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10 lb/kw, other  values of 0 merely s h i f t  the  time scale .  This can be seen 
from t h e  r e s u l t s  f o r  the  lunar  s a t e l l i t e  mission, which i s  somewhat eas i e r  
t o  analyze i n  g e n e r a l i t y t h a n  the  other  missions. A s  shown i n  Fig. 6, t he  
optimum power supply f rac t ion  f o r  t h i s  mission can be determined i n  terms of 
t he  s ingle  parameter f /a  , similar  t o  the  idea l  case of Figs. 2 and 3. 
The r e s u l t s  f o r  t he  lunar  s a t e l l i t e  mission are somewhat d i f fe ren t  due 
t o  t h e  f a c t  t h a t  p rac t i ca l ly  t h e  e n t i r e  t r i p  t i m e  consis ts  of the  tangential-  
t h r u s t  Earth departure and lunar  approach c i r cu la r  sp i r a l s .  Consequently the  
t r i p  time depends e s sen t i a l ly  only on the thrust-weight r a t i o .  This differs 
from missions i n  which the  coast period i s  a subs tan t ia l  portion of t he  t o t a l  
t i m e  since on such missions a given t r i p  t i m e  can be obtained e i t h e r  with a 
r e l a t i v e l y  high thrust-weight r a t i o  and short powered time o r  with a smaller 
thrust-weight r a t i o  and a longer powered t i m e .  
decreased below the  optimum it i s  only necessary t o  increase the  powered time. 
In  the  lunar  mission, however, i f  t he  power supply f r ac t ion  i s  decreased below 
the  optimum then i n  order t o  maintain a given t r i p  time t h e  spec i f ic  impulse 
must a l s o  be decreased so  as t o  operate a t  a higher value of the r a t i o  of t h rus t  
t o  powerplant weight. 
with a consequent loss  i n  payload which i s  grea te r  than t h a t  resu l t ing  from of f -  
optimum operation on other  missions. Furthermore, because t h e  var ia t ion of 
e f f ic iency  with spec i f ic  impulse r e s u l t s  i n  a value of spec i f i c  impulse below 
which t h e  t h r u s t  ac tua l ly  decreases, there i s  a maximum value of t he  r a t i o  of 
t h r u s t  t o  powerplant weight, and it follows t h a t  f o r  a given t r i p  t i m e  there  
i s  a minimum power supply f rac t ion  below which the  mission cannot be car r ied  
out even though t h e  payload a t  t h i s  minimum point i s  not zero. This i s  i n  
contrast  t o  t he  other  missions f o r  which the l imi t ing  payload f o r  a given t i m e  
a s  t h e  power supply f r ac t ion  i s  decreasedis  always zero. It i s  therefore  
necessary, as seen i n  Fig. 6, t o  r e so r t  t o  higher power supply f r ac t ions  f o r  
short  t r i p  t i m e s  than i n  the  other missions. These r e s u l t s  a r e  i l l u s t r a t e d  
i n  Fig. 7 where the payload f r ac t i sns  zorrcspon6ing t o  a coiisiarii power supply 
fractior- of 0.25 are compared with those corresponding t o  optimum power supply 
f rac t ions .  It i s  seen t h a t  f o r  Q = 10 lb/kw, f o r  example, t he  payload penalty 
f o r  using 25s power supply i s  about 15s a t  a t r i p  time of  60 days ( the  minimum 
possible f o r  t h i s  value of power supply f rac t ion) ,  decreases t o  zero a t  a t r i p  
t i m e  of 75 days, and then gradually increases again t o  about 15% a t  a t r i p  
t i m e  of 200 days. 
f o r  off-optimum design a re  more severe than f o r  other  missions, the  25% rule 
of thumb gives near-optimum performance over a s igni f icant  range of f l i g h t  
t i m e s .  
If the  power supply f r ac t ion  i s  
However, t h i s  r e su l t s  i n  a lower e f f ic iency  (as  i n  Fig. 1) 
Thus even f o r  the  lunar mission, f o r  which the  pena l t ies  
Fromthe above r e s u l t s  it i s  c l ea r  that  a reasonable design value of 
power supply weight i s  between about 20% and 30$ of the  space vehicle gross 
weight. It should be emphasized tha t  t h i s  r e s u l t  i s  independent of the  power 
supply spec i f i c  weight and tha t  the  performance can therefore  be optimized 
simply on t h e  bas i s  of power supply weight r a the r  than on t h e  power leve l .  
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Thus, t h e  optimum power supply weight f o r  an 8500 l b  vehicle orb i ted  by an 
Atlas-Centaur would be between about 1700 and 2500 l b ,  so t h a t  the  power 
l e v e l  would be between 170 and 250 kw f o r  a = 10 lb/kw and between 85 and 
125 kw f o r  a = 20 lb/kw. Similarly, f o r  a 19,000 l b  vehicle orb i ted  by  a 
Saturn C - 1  t he  optimum power supply weight would be between about 3800 and 
5700 l b  and the  corresponding power levels  would be 380 t o  570 kw f o r  a = 10 
lb/kw o r  190 t o  285 kw f o r  a = 20 lb/kw. 
U s e  of Same Power Supply i n  Two Vehicles 
A n  important question t o  be explored i n  the  development of e l e c t r i c a l l y  
propelled spacecraft  f o r  fu ture  NASA missions i s  t h e  p o s s i b i l i t y  of using the  
same bas ic  power supply un i t  f o r  more than one vehicle; i n  pa r t i cu la r  f o r  
spacecraft  designed f o r  launch by both Atlas-Centaur and Saturn C-1. One 
p o s s i b i l i t y  i s  t o  develop a power supply sized f o r  a Centaur-launched vehicle 
and t o  use two of these f o r  Saturn C-1 vehicles. 
(25% of  t h e  8500 l b  nominal o r b i t a l  capabi l i ty  of t h e  Atlas-Centaur) were 
developed f o r  Centaur spacecraft  then two of  these would be 22.4% of the  
l9,OOO l b  o r b i t a l  capabi l i ty  of t h e  Saturn C-1.  A somewhat l a rge r  power 
supply of 2500 l b  could j u s t  as w e l l  be designed f o r  t he  Centaur; t h i s  would 
equal 30$ of the  spacecraft  w e i g h t  and two  of these would be 26.4% of the  
weight of a Saturn C-1 spacecraft .  Therefore, i f  it can be ascer ta ined t h a t  
p a r a l l e l  operation of two power supplies i s  feas ib le ,  it would be very a t t r a c t i v e  
from t h e  point of v i e w  of  vehicle performance t o  develop a power supply of bet-  
ween 2100 and 2500 l b  weight f o r  use with the  Centaur and t o  use two of these 
with the  Saturn C - 1  since t h i s  would resu l t  i n  power supply weight f rac t ions  
which a r e  near-optimum f o r  both vehicles.  
If a 2125 l b  power supply 
I 
The other  p o s s i b i l i t y  i s  t o  design a s ingle  l a r g e r  power supply which 
could be used with both vehicles.  
b i l i t y  f r o m t h e  point of v i e w  of vehicle performance since a p o w e r  siipply 
weight of 4750 l b ,  equal t o  25% of the  Saturn C - 1 ' s  19,000 l b  o r b i t a l  capabi l i ty ,  
would be 56% of the  Centaur spacecraf t ' s  weight. This r a t i o  can be improved 
by using a 3800 l b  power supply which would then be 20$ of t h e  C-1  spacecraf t ' s  
weight and 45$ of the  Centaur spacecraf t ' s  weight. 
optimum performance f o r  t he  C - 1  vehicle, and compromised but s t i l l  subs tan t ia l  
payloads f o r  the  Centaur as shown i n  Figs. 8 t o  10. 
mission, as shown i n  Fig. 8, a 3800 l b  power supply used with a Saturn C - 1  
vehicle r e s u l t s  i n  payloads within about 7% of those which could be obtained 
with a 25% power supply f rac t ion ,  whereas the  same power supply r e s u l t s  irl a 
maximum payload of about 2800 l b  f o r  a Centaur-launched vehicle as compared 
with about 4200 l b  m a x i m  using a 25% power supply f rac t ion .  
This i s  not qui te  as a t t r a c t i v e  a possi-  
This would r e s u l t  i n  near- 
For the  Saturn probe 
The r e s u l t s  f o r  t he  Venus s a t e l l i t e  mission are shown i n  Fig. 9. For 
t he  C-1 vehicle the  3800 l b  power supply ac tua l ly  gives somewhat l a rge r  pay- 
loads than does the  4750 l b  power supply for t r i p  times grea te r  than 270 days, 
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and below t h i s  cross-over point requires only about 10 t o  15  days more t r i p  
t i m e  f o r  any given payload than does the  l a rge r  power supply. However, using 
t h e  3800 l b  power supply ra ther  than an optimum one with the Centaur r e su l t s  
i n  a reduction of t h e  maximum payload f r o m  5000 t o  3500 lb ,  but a t  t r i p  times 
below about 165 days the  3800 l b  un i t  gives somewhat l a rge r  payloads. 
Similar r e s u l t s  a r e  shown i n  Fig. 10  f o r  the  lunar  s a t e l l i t e  mission. For 
t he  C - 1  vehicle t he  3800 l b  power supply gives grea te r  payloads than the l a rge r  
power supply f o r  t r i p  t i m e s  g rea te r  than about 90 days, whereas the  4750 l b  
power supply gives greater  payloads f o r  t r i p  t i m e s  between 60 and 90 days. 
If the  same 3800 l b  power supply i s  usedwi th  a Centaur vehicle instead of a 
near-optimum 2125 l b  uni t ,  t he  maximum payload i s  reduced from about 5700 l b  t o  
4100 l b ,  but t he  3800 l b  power supply now gives l a rge r  payloads f o r  t r i p  t i m e s  
between about 40 and 60 days. 
Payload Capabi l i t ies  and Comparison with High-Thrust Systems 
Since it has been ascer ta ined t h a t  a power supply weight of between 20 
and 30% of vehicle gross weight generally produces near-optimum performance, 
25% has been selected a s  a nominal design point 8 s  a bas is  f o r  calculat ing 
ac tua l  payloads with the  d i f fe ren t  launch vehicles.  These payloads are com- 
pared with the  payloads t h a t  could be obtained with high-thrust chemical o r  
nuclear rocket propelled spacecraft  orbited by t h e  same launch vehicle.  The 
missions are considered below i n  d e t a i l .  
Solar  Probe 
The so la r  probe mission i s  one o f  the most d i f f i c u l t  t o  perform i n  t h a t  
although t h e  t r i p  times involved a re  r e l a t ive ly  short  (80 days f o r  a high- 
t h r u s t  vehicle t o  get within 20 solar radii of t h e  r e n t . e r  o f  t.he Siin on e 
b a l l i s t i c  t r a j ec to ry ) ,  t he  charac te r i s t ic  ve loc i t i e s  required a re  extremely 
high s ince it i s  necessary t o  almost cancel out t he  Ear th ' s  o r b i t a l  ve loc i ty  
around the  Sun. It w a s  found, i n  f a c t ,  tha t  of t h e  high-thrust systems con- 
s idered none are capable of performing t h i s  mission with a Centaur launch 
vehicle and only the  1$ stage nuclear rocket i s  even marginally capable of 
doing it with a Saturn C-1 launch vehicle. Ion-rocket vehicles on t h e  other 
hand, a r e  capable of delivering large payloads, as shown i n  Figs. 11 and 12* 
Figure 11 shows tha t  f o r  CY = 10 lb/kw a Centaur-launched vehicle could 
del iver  1000 l b  i n  about 135 days, 2000 lb  i n  about 165 days, or as much as 
3600 l b  i n  300 days. 
values of a , but a r e  s t i l l  not prohibit ive.  Thus f o r  example, 1000 l b  
payload can be car r ied  i n  about l 9 O  days i f  a = 20 lb/kw o r  250 days i f  
a = 30 lb/kw. 
The t r i p  times a re  of course increased for grea ter  
Figure 12  gives similar r e s u l t s  f o r  the Saturn C - 1  launch vehicle; the  
ion rocket payloads f o r  a given value of a and t r i p  time a re  scaled up 
according t o  the  r a t i o  of t h e  o r b i t a l  payloads of the Saturn C - 1  and A t l a s -  
Centaur. The 1%-stage nuclear rocket i s  capable i n  t h i s  case of delivering 
a 500 l b  payload i n  80 days. It should be remembered, of course, t h a t  at  
t h i s  small a payload f rac t ion  small changes i n  the  assumed performance para- 
meters ( spec i f i c  impulse, powerplant weight, s t ruc ture  weight, e t c .  ) w i l l  
make a l a rge  percentage difference i n  the  payload. 
Saturn Probe Mission 
In  Fig. 13 the  payloads of Centaur-launched space vehicles a re  compared 
f o r  th ree  types of space vehicles: ion rocket, 1s-stage nuclear rocket, and a 
nuclear rocket f irst  stage plus an H2/02 second stage.  
space vehicles,  the  nuclear-plus-chemical vehicle i s  apparently superior t o  
t h e  al l -nuclear  vehicle f o r  payloads under about 500 l b .  A two-stage H2/02 
vehicle would i n  t h i s  case give payloads which a t  a l l  t r i p  t i m e s  a r e  about 
300 l b  less than the b e t t e r  of the  t w o  high-thrust curves shown. It i s  seen 
t h a t  t he  ion rockets give greater  payloads f o r  a l l  t r i p  t i m e s  i f  a = 10 lb/kw; 
i f  a i s  20 lb/kw the  same i s  t r u e  f o r  payloads greater  than about 250 l b  and 
i f  a = 30 lb/kw f o r  payloads greater  than about 5C2 l b .  
With Centaur-size 
The results are similar f o r  the Saturn C-1 launch vehicle as shown i n  
Fig. 14. 
t r i p  t i m e s  i f  a = 10 lb/kw; it i s  s t i l l  superior f o r  payloads grea te r  than 
about 1300 l b  i f  a = 20 lb/kw. However, if a i s  as great  as 30 lb/kw the  
nuclear rocket becomes superior f o r  a l l  t r i p  t i m e s  and payloads. In  t h i s  
case the  & - s t a g e  nuclear rocket i s  always superior t o  the  nuclear-plus- 
chemical vehicle,  and the l a t te r  i s  therefore omitted f r o m  the  comparisons. 
This i s  t r u e  f o r  the  C-1 vehicle f o r  t he  other missions as well .  Comparison 
w i t . h  t.wo-stage H 2 / ~ 2  7.rehicles i s  2 1 s ~  shs~~rr, in Fig. 14. IE this cornparisor, 
the  ion rockets are superior f o r  a l l  t r i p  t i m e s  a t  a = 20 lb/kw except f o r  
vanishingly small payloads, and even f o r  30 lb/kw t h e  ion rockets are superior 
f o r  payloads grea te r  than about 800 lb .  
The ion rocket i s  again superior t o  the nuclear rocket for a l l  
It should be noted t h a t  t he  powered t i m e s  required f o r  ion rockets on t h i s  
mission are n e a r l y t h e  same as o r  longer than present ly  projected powerplant 
l i fe t imes .  The powered t i m e s  a r e  about 350 days o r  grea te r  f o r  Q = 10 lb/kw, 
and about 450 days o r  grea te r  f o r  a = 20 lb/kw, as compared with an es t . imted  
operating l i f e t ime  of 420 days f o r  the  ~ ~ p - 8  system and, unof f i c i a l ly  (Ref. 11) 
one year f o r  ea r ly  SPUR un i t s .  Therefore the  f e a s i b i l i t y  of t h i s  mission w i l l  
depend on e i t h e r  extending the  powerplant l ifetimes o r  e l s e  reducing the  power 
supply spec i f i c  weights and/or increasing accelerator  e f f i c i enc ie s .  
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Venus S a t e l l i t e  Mission 
The Venus sa te l l i t e  mission, which i s  similar i n  propulsion requ, i rement s 
t o  a Mars s a t e l l i t e  mission, i s  iess d i f f i cu l t  t o  perform and consequently 
t h e  high-thrust  systems del iver  greater  payloads f o r  t r i p  t i m e s  up t o  the  
b a l l i s t i c  Hohmann t r ans fe r  t i m e  of 145 days. It i s  seen i n  Fig. 15  t h a t  with 
the  Centaur launch vehicle,  a 1s-stage nuclear rocket would have about a 
1250 l b  payload capabi l i ty  on a Hokxann t ransfer  and a two-stage H2/02 rocket 
about 1000 l b .  
at  140 days, but by taking a somewhat longer t r i p  t i m e  t h e  payload can be g rea t ly  
increased. If Q = 20 lb/kw, 240 days a re  required f o r  a 2000 l b  payload and 
290 days for a 3000 l b  payload. 
lb/kw, corresponding t o  SNAP-8 technology; i n  t h i s  case the  f l i g h t  times are 
always i n  excess of t he  SNAP-8 design l i fe t ime of 420 days. 
The ion rocket, with Q = 10 lb/kw, can match the  1000 l b  rocket 
Also shown f o r  comparison i s  a curve f o r  Q! = 50 
The reason f o r  t he  cross-over of t he  nuclear rocket and chemical rocket 
curves a t  a payload of about 800 l b  i s  that the  f ixed  weight of the  nuclear 
rocket powerplant (1100 l b )  de t rac ts  substant ia l ly  from the  po ten t i a l  payload 
a t  the  shor te r  t r i p  times f o r  vehicles o f t h i s  s m a l l  s i z e .  
A vehicle with a nuclear rocket f i r s t  stage a i d  an H2/02 second stage w a s  
The estimated payload was s l i g h t l y  worse than f o r  t he  13- 
stage nuclear rocket on a Hohmann t r ans fe r  but w a s  s l i g h t l y  grea te r  a t  shorter  
t r i p  t i m e s .  However, since the  differences a re  inconsequential f o r  present 
purposes the l a t t e r  r e s u l t s  have been omitted from Fig. 15. 
' a l s o  considered. 
The corresponding r e s u l t s  f o r  vehicles placed i n t o  o rb i t  by the  Saturn 
C - 1  a r e  given i n  Fig. 16. 
i n  terms of payloads a re  about 4500 lb i n  comparison with the 1s-stage nuclear 
rocket and about 2300 l b  i n  comparison w i t h  t he  two-stage H2/02 rocket. 
0 = 10 lb/kw these payloads correspond t o  t r i p  times f o r  the  ion rocket. of 
about 160 and 140 days respectively; an increase i n  t r i p  t i m e  t o  200 days 
r e s u l t s  i n  a payload of about 7500 l b .  If a = 20 lb/kw t h e  t r i p  times f o r  
the  breakeven-point payloads are increased t o  about 245 days and 220 days 
respectively,  and a t r i p  of 300 days yields a 7000 l b  payload. 
I n  t h i s  case the breakeven points  f o r  ion propulsion 
For 
Lunar S a t e l l i t e  Mission 
The payload capab i l i t i e s  on the  lunar s a t e l l i t e  mission are given i n  
Figs. 17, 18, and 19 f o r  vehicles placed i n  a low-altitude Earth o rb i t  by  
the  Centaur, Saturn C-1,  and Saturn C-5 launch vehicles respectively.  It 
i s  unl ikely t h a t  special  power supplies would be developed f o r  the Centaur 
and C - 1  vehicles espec ia l ly  f o r  the  purpose of orb i t ing  s c i e n t i f i c  payloads 
around t h e  Moon; therefore ,  t he  payloads of Figs. 17 and 18 are based on the  
same power supply weights a s  f o r  t he  other missions; namely, 2125 l b  and 
4750 l b  respectively.  In  t h i s  case the minimum t r i p  times are about 60 days 
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f o r  a = 10 lb/kw and 120 days f o r  a = 20 lb/kw. 
l a m c h  vehicle la rge  payload advantages are t o  be had i n  using ion propulsion 
i f  lunar  t r i p  t i m e s  of these lengths o r  greater are acceptable. 
It i s  seen t h a t  f o r  e i t h e r  
In  assessing the  payload capabi l i t i es  of ion rocket vehicles which would 
be placed i n  o rb i t  by a C-5 vehicle (Wo = 220,000 l b ) ,  t he  power supply weight 
might wel l  be chosen spec i f i ca l ly  on the  basis of the lunar  cargo c a r r i e r  mission 
since a t  present there  do not appear t o  be other  unmanned missions which could 
make use of such a l a rge  launch vehicle.  Therefore, iii Fig. 19 t he  payloads 
are shown on the bas i s  of t h e  optimum power supply weight f o r  each t r i p  time; 
t he  payload vs time curves f o r  Wpp/Wo= 0.25 a r e  a l so  shown f o r  comparison. 
It i s  seen t h a t  by  optimizing t h e  power supply weight , t r ip  t i m e s  as l o w  as 
about 20 days can be obtained i f  a = 10 lb/kw or 40 days i f  a = 20 lb/ku. 
However, payloads greater  than those f o r  the  chemical rocket are obtained 
only f o r  t r i p  t i m e s  g rea te r  than 30 t o  40 days i f  a = 10 lb/kw, and f o r  
t r i p  t i m e s  g rea te r  than about 65 t o  75 days i f  Q = 20 lb/kw. 
rockets with the assumed 1s-stage nuclear rocket, the  breakeven t r i p  times 
are about 60 t o  70 days i f  a = 10 lb/kw, and 110 t o  130 days f o r  a = 20 lb/kw. 
Comparing ion 
Jup i t e r  S a t e l l i t e  Mission 
Jup i t e r  sa te l l i te  missions are i n  general exceedingly d i f f i c u l t  t o  per- 
form. Previous discussions of such missions have been l imi ted  t o  t h e  so-called 
"capture" mission, i n  which only a minimal AV i s  used f o r  capture and t h e  
vehicle i s  consequently placed on an e l l i p t i c a l  s a t e l l i t e  o rb i t  of near u n i t  
eccen t r i c i ty  around Jupi te r .  More ambitious missions a re  d i f f i c u l t  because of 
t he  long in te rp lane tary  t r a v e l  t i m e  involved and a l so  because J u p i t e r ' s  l a rge  
mass necess i ta tes  la rge  Av's  f o r  establishing s a t e l l i t e s .  The mission chosen 
here, namely a 1.015 mill ion n m i  c i rcu lar  o r b i t  around Jupi te r ,  w a s  chosen 
because t h i s  corresponds t o  the o rb i t  of Jupi te r ' s  fourth moon and would 
therefore  enable close inspection of t h i s  natural sa:tell i te which i s  h ~ i t  
t h e  same s i ze  as the  Earth 's  moon. Furthermore, c i r cu la r  ve loc i ty  at  t h i s  
distance from Jup i t e r  i s  27,200 fps  which, although la rge ,  i s  not prohibi t ive.  
The r e s u l t s  of t he  analysis  of t h i s  mission a re  shown i n  Figs.  20 through 
22. With an Atlas-Centaur launch vehicle, a nuclear rocket spacecraft  cannot 
perform t h e  mission,and a two-stage H2/02 rocket has a maximum payload of 
only about 200 l b ,  whereas ion rockets could del iver  payloads of up t o  5000 l b  
f o r  t he  same t r i p  t i m e .  Similarly, ion rockets could de l iver  up t o  about 
11,000 l b  using a Saturn C - 1  launch vehicle as compared t o  about 1100 l b  for 
t h e  nuclear rocket and 500 l b  f o r  a two-stage H2/02 rocket. However, t he  
f l i g h t  times involved a re  problematical with respect t o  present ly  projected 
e l e c t r i c  propulsion technology. The zero-payload f l i g h t  time even for  a = 
10 lb/kw i s  about 500 days; although t h e  accelerator does not have t o  be 
operated during the  coast period, presently contemplated spaceborne nuclear 
reac tor  power supplies will not be capable of  shutdown and r e s t a r t  so  t h a t  
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they  must be operated continuously dur ingthe  f l i g h t .  
power supply, however, i s  estimated a t  420 days (10,GOO h r )  and unof f i c i a l  
repor t s  of SPUR studies  ind ica te  a one-year l i f e t i m e  f o r  i n i t i a l  u n i t s  although 
two- or three-year l i fe t imes might be developed for l a te r  uni t s .  
l i f e t i m e  f o r  a power supply with a specific weight of 10 lb/kw would allow 
de l ivery  of near ly  6000 l b  payload w i t h  a Saturn C - 1  launch vehicle.  
L i f e t i m e  f o r  t h e  SNAP-8 
A two-year 
The payloads shown i n  Figs. 20 and 21 a r e  f o r  a 25% power supply f rac t ion .  
It i s  of some i n t e r e s t  t o  determine whether t h e  performance at the  shor te r  
t r i p  t i m e s  f o r  t h i s  mission can be improved by increasing t h e  power supply 
f rac t ion .  The r e s u l t s  f o r  a 500-day mission are shown i n  Fig.  22; it i s  seen 
t h a t  by doubling the  power supply f rac t ion  t o  50$ a payload of about 3.5% of 
gross weight can be obtained. 
Combined U s e  of Hi&- and Low-Thrust Stages 
The possible  advantages of using high- and low-thrust propulsion i n  com- 
binat ion f o r  space missions were or iginal ly  pointed out i n  R e f .  12.  A number 
of possible modes of operation w e r e  considered: low th rus t  followed by  high 
thrus t ;  low, high, and then low again; high followed by low, e t c .  The most 
p r a c t i c a l  of these modes appears t o  be the use of a high-thrust s tage followed 
by a low-thrust stage.  
s tudy of Venus satel l i te  missions and compared with all- low-thrust  and a l l -  
high-thrust  operation. There are two val id  comparisons which can be made: 
first i s  the  determination of t h e  range of payloads and t r i p  t i m e s  f o r  which 
the  combined high- and low-thrust system gives b e t t e r  r e s u l t s  than e i t h e r  
a l l -high-thrust  or all-low-thrust .  Secondly, it i s  va l id  t o  compare t h e  
conibined system with low-thrust systems alone since e l e c t r i c  rockets may be 
inherent ly  desirable  f o r  cer ta in  missions because of  the large power-generating 
capacity which would be avai lable  f o r  data transmission and a l s o  because low- 
t h r u s t  s p i r a l  escape and c a ~ t u r e  mmeuvers a r e  desirzkle  fcr rapping planetary 
rad ia t ion  b e l t s ,  magnetic f i e l d s ,  e t c .  
This mode of operation has been appl ied herein t o  the  
The de ta i led  mode of operation studied i s  as follows: a ve loc i ty  impulse 
i s  appl ied with the  high-thrust rocket i n  order t o  depart from the  i n i t i a l  
low-altitude Earth orb i t ;  t h e  high-thrust stage i s  then separated and the  low- 
t h r u s t  rocket i s  operated u n t i l  the  required ve loc i ty  has been reached. Later,  
i n  t he  case of t he  planetary s a t e l l i t e  missions, the  low-thrust rocket i s  
r e s t a r t e d  i n  order t o  execute the  capture maneuver. The question which 
immediately arises i s  t h a t  of t he  optimum staging. Preliminary ana ly t i ca l  
s tudies  c l e a r l y  showed t h a t  using a high-thrust stage t o  boost the  vehicle 
f r o m  a c i r cu la r  o rb i t  i n t o  a higher-energy e l l i p t i c a l  o r b i t  and then using 
the  low-thrust rocket t o  escape gives resu l t s  which a re  general ly  poorer f o r  
a l l  t r i p  t i m e s  than using low th rus t  f o r  the e n t i r e  escape maneuver. 
order f o r  t he  combined system t o  be advantageous it i s  necessa ry tha t  t h e  
high-thrust stage provide a t  least the  AV required f o r  escape. 
I n  
The optimum 
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hyperbolic excess ve loc i ty  f o r  the  high-thrust stage, vah 
function of t he  mission and t r i p  time as well as of the  performance of the 
h i g h -  and low-thrust stages.  
voo , i s  very large, then the  optimization o f V C b h  f o r  each t r i p  t i m e  may be 
important. However, i f  V, i s  r e l a t i v e l y  small, as i n  t h e  Venus s a t e l l i t e  
mission under consideration, then t h i s  optimization i s  of minor consequence, 
and it i s  su f f i c i en t  t o  use a s ingle  value of Vmh over the e n t i r e  range of 
t r i p  t i m e s  under consideration. 
t o  use f o r  t h e  Venus s a t e l l i t e  mission i s  i n  t h e  range of approximately 7500 
t o  12,500 f'ps,since excess ve loc i t i e s  i n  t h i s  range a re  a t t a ined  with high- 
t h r u s t  AV i n  a low-alt i tude Earth o rb i t  only a f e w  hundred feet per  second 
g rea t e r  than t h a t  required for parabolic escape, and these excess ve loc i t ies  
are of t h e  same magnitude as those necessary t o  reach Venus. Calculations 
were a c t u a l l y  car r ied  out f o r  values o f  V,h = 7940 f p s  and 12,350 fps. The 
resu l t s  f o r  t he  two cases were prac t ica l ly  ident ica l .  The data presented f o r  
t h e  combined high- and low-thrust operation i n  Figs. 23 through 26 are a l l  for 
vmh = 7940 fps.  
of 25% of t h e  gross w e i g h t  of t h e  stage, and it i s  assumed t h a t  t he  power 
supply has t h e  same spec i f ic  weight as f o r  t h e  all- low-thrust  vehicle with 
which it i s  compared. Only the  Saturn C-1 launch vehicle has been considered 
s ince use of a high-thrust  s tage with a Centaur-orbited vehicle would result 
i n  a low-thrust stage which i s  too small t o  be of i n t e r e s t .  Figures 23 and 
24 give the  f i n a l  r e s u l t s  f o r  H2/02 high-thrust systems. Figure 23 compares 
a two-stage H2/02 vehicle, an ion rocket vehicle with a = 10 lb/kw, and a 
combined vehicle with an H2/02 first stage and a 6955 l b  gross weight ion- 
rocket stage. It i s  seen t h a t  t he  combined system i s  superior t o  the  low- 
th rus t  system f o r  t r i p  t i m e s  between 90 and 155 days and corresponding pay- 
loads up t o  about 3700 l b .  
t r i p  t i m e s  less than about 110 days and payloads less than about 2200 lb. 
Figure 24 gives t h e  corresponding r e s u l t s  for Q = 20 lb/kw. I n  t h i s  case 
the  combined system i s  b e t t e r  thm the Iov-thxxst system f ~ r  t r i p  t k i ea  G f  
150 t o  240 days and payloads up t o  4000 lb. 
bes t  f o r  a l l  t r i p  t i m e s  up t o  t h e  Hohmann transfer t i m e  of 145 days and pay- 
loads of about 2300 l b .  
, i s  i n  general a 
If the  t o t a l  required hyperbolic excess velocity,  
It was determined that t h e  best value of Vmh 
The ion  rocket stage was assumed t o  use a power supply weight 
However, the two-stage H2/02 vehicle i s  bes t  f o r  
The two-stage H2/02 vehicle i s  
Comparisons using the  tungsten-core nuclear rocket as the  high-thrust  
system are shown i n  Figs.  25 and 26 f o r  e l e c t r i c  power supply spec i f ic  weights 
of 10 and 20 lb/kw respectively.  
combined system i s  9615 lb. 
bined system i s  superior t o  the  low-thrust system f o r  payloads up t o  about 
$700 l b ,  which corresponds t o  t r i p  times of up t o  about 175 days for a = 
10 lb/kw and 265 days if Q = 20 lb/kw, 
nuclear rocket i s  superior t o  e i t h e r  system i n  both cases f o r  t r i p  times up 
t o  and including t h e  Hohmann t r ans fe r  time of 145 days which corresponds t o  
a payload o f  about 4500 l b .  
The weight of the  ion-rocket stage i n  the  
It i s  seen fromthese t w o  figures t h a t  t he  com- 
However, the  al l -high-thrust  1%-stage 
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Certain conclusions which are generally true f o r  a l l  missions employing 
combined systems may be drawn from the foregoing r e s u l t s  f o r  the Venus 
sa te l l i t e  mission. F i r s t ,  t he  b e t t e r  the  performance of the high-thrust 
system and t h e  poorer the  performance of the low-thrust system, t h e  more 
favorable i s  the  combined system i n  comparison with all- low-thrust  systems 
but the  worse i s  the  comparison with the  all-high-thrust system. Conversely, 
t he  b e t t e r  t h e  performance of t he  low-thrust system and the  poorer t he  high- 
t h r u s t  system, the  more favorably the  combined system compares with all-high- 
th rus t  and t h e  less favorably it compares with all- low-thrust .  It then follows 
t h a t  t he  combined system w i l l  compare favorably with the  other systems when 
both al l -high and all- low-thrust  are marginal f o r  a mission, such as i n  the  
case of fast round-trip interplanetary missions. 
In  the  l e s s  ambitious category of unmanned missions the  grea tes t  benef i t s  
as compared t o  all- low-thrust  operation resu l t  f o r  missions i n  which the  
escape s p i r a l  would be a la rge  portion of the t o t a l  t r i p  t i m e ,  whereas the 
advantages over a l l -high-thrust  operation are grea tes t  f o r  missions which 
require l a rge  AV but only r e l a t i v e l y  short coasting times. Therefore, i n  the 
category of unmanned s c i e n t i f i c  exploration, combined th rus t  w i l l  probably be 
most advantageous f o r  missions such as solar  probes, Mercury,Mars, and Venus 
probes, and out-of-the-ecliptic probes and least advantageous f o r  planetary 
s a t e l l i t e  missions. The Venus satel l i te  mission i n  pa r t i cu la r  involves a coast 
phase of not more than 145 days after E a r t h  escape and then a low-thrust capture 
s p i r a l  which takes about t he  same length of t i m e  as would an Earth escape 
s p i r a l .  Thus, the  Venus satel l i te  mission i s  inherent ly  one of t he  least 
a t t r a c t i v e  f o r  use of combined high- and low-thrust systems. Nevertheless 
it has been shown t h a t  combined systems can provide s igni f icant  increments 
i n  performance over cer ta in  ranges of payload and t r i p  times, even f o r  t h i s  
mission. 
This discussion suggests the  poss ib i l i t y  of using a high-thrust, stage 
followed by an ion-rocket stage using the  SNAP-8 system. 
using the  SNAP-8 were found i n  Ref. 1 t o  have l i t t l e  appl icat ion t o  in te r -  
planetary missions because of t he  long f l i g h t  times involved. However, the 
escape s p i r a l  which required a minimum time of about 140 days would be e l i -  
minated by  using a high-thrust stage, and a SNAP-8 with i t s  30 or  60 kw 
power generating capacity system might therefore become useful  f o r  deep 
space exploration. 
Low-thrust systems 
Optimum Specific Impulse 
Optimum spec i f ic  impulse i s  defined as the value of spec i f ic  impulse 
which r e s u l t s  i n  maximum payload f o r  a given t r i p  time and given mission. 
For a given mission the  optimum specif ic  impulse increases with increasing 
payload and increases with decreasing power supply spec i f i c  weight. Figures 27 
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through 30 give the  optimum spec i f ic  impulses f o r  t he  Saturn probe, Venus 
s a t e l l i t e ,  lunar  s a t e l l i t e ,  and Jup i t e r  s a t e l l i t e  missions. The so la r  probe 
mission i s  not included since it w a s  studied on t h e  b a s i s  of var iable  th rus t  
operation. 
It i s  seen from the  r e s u l t s  of Figs. 27 through 30 t h a t  the optimum 
spec i f i c  impulse ranges upwards from about 4000 sec i f  a = 10 lb/kw and from 
2540 sec ( spec i f ic  impulse f o r  maximum th rus t )  f o r  a = 20 lb/kw. The maximum 
values of spec i f i c  impulse which are of  interest  a r e  l imi ted  only by the  
maximum t r i p  t i m e  allowable, but it does not appear i n  any case t h a t  spec i f ic  
impulses of grea te r  than 10,000 t o  12,000 sec w i l l  be of i n t e r e s t  f o r  these 
missions e 
CONCLUDING REMAFKS 
The results have c l e a r l y  indicated t h a t  t he  var ia t ion  of payload with 
power supply f r ac t ion  i s  generally s l o w  enough so t h a t  near-optimum r e s u l t s  
can be obtained with power supply fract ions between 20 and 3 6  over a wide 
range of  f l i g h t  t i m e s .  For r e l a t i v e l y  short flight t i m e s  resu l t ing  i n  pay- 
loads of 5 t o  16 of gross w e i g h t  or less, the  optimum power supply weight 
s h i f t s  t o  between 35 and 50% of gross weight. 
power supply weight takes  place because i t  i s  necessary t o  operate at  lower 
spec i f i c  impulses f o r  short  f l i g h t  t i m e s  and consequently lower eff ic iency.  
However, t h i s  r e s u l t  must be regarded as ten ta t ive  since higher e f f i c i enc ie s  
a t  t h e  lower spec i f ic  impulses than those assumed i n  t h i s  study would negate 
t h i s  s h i f t .  
load vs t r i p  t ine i s  qui te  s teep i n  the  region of s m a l l  payloads so t h a t  a 
much l a rge r  payload can be obtained with a small increase i n  t r i p  time. 
This s h i f t  towards higher 
Furthermore, it i s  of l imited i n t e r e s t  since the  curve of pay- 
A p a r t i a l  exception t o  the  above r e s u l t s  i s  t h e  lunar  s a t e l l i t e  mission, 
This f o r  which t h e  performance i s  more sensi t ive t o  the  power supply w e i g h t .  
i s  pr imari ly  due t o  t h e  f a c t  t h a t  almost the e n t i r e  lunar  mission i s  car r ied  
out i n  the  presence of strong gravi ta t ional  f i e l d s  as discussed e a r l i e r .  
Nevertheless the  20 t o  30$ power supply f rac t ion  rule of thumb i s  s t i l l  va l id  
over a s ign i f i can t  range of t r i p  t i m e s  even i n  t h i s  case. Thus, f o r  example, 
a 25$ power supply f rac t ion  gives payloads within 15% of t h e  optimized values 
f o r  t r i p  t i m e s  between about 60 and 150 days i f  a =  10 lb/kw. Furthermore 
t h e  payload advantage over chemical o r  nuclear rockets i s  ser ious ly  compromised 
for shor te r  t r i p  t i m e s  and increases only s l i g h t l y  f o r  longer t r i p  t i m e s .  
It w a s  pointed out t h a t  a hindrance t o  t h e  f e a s i b i l i t y  of t he  Saturn 
probe and Jup i t e r  sa te l l i t e  missions i s  the long power supply operating l i f e -  
t i m e s  required f o r  these missions as compared t o  cur ren t ly  projected operating 
l ifetimes.  For a = 10 lb/kw the  zero-payload t r i p  t i m e  f o r  t he  Saturn probe 
I 20 
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i s  about 450 days including about 350 days of powered time; longer t r i p  times 
use lower th rus t  and higher spec i f ic  impulse acc l e ra t a r s  and as a r e s u l t  
require  somewhat longer powered times. Similarly, the zero-payload t r i p  time 
f o r  t he  J u p i t e r  s a t e l l i t e  mission i s  about 500 days. 
coast period during which the  accelerator  does not operate, it i s  not pre- 
s e n t l y  considered f eas ib l e  t o  remotely shut down and r e s t a r t  a nuclear 
reac tor  a t  in te rp lane tary  distances.  The times involved a re  even greater ,  
of course, f o r  power supplies with higher spec i f ic  weight. Thus, i n  order 
f o r  these missions t o  become feas ib l e  it w i l l  be necessary t o  develop the  
capab i l i t y  of operating power supplies continuously over periods of up t o  
two o r  th ree  years, unless power supplies of subs t an t i a l ly  lower spec i f ic  
weight than those assumed herein and higher e f f i c i enc ie s  f o r  accelerators  
a r e  developed f irst .  
Although there  i s  a 
Final ly ,  it should be noted t h a t  some of t h e  conclusions deduced from 
the  r e s u l t s  of t h i s  study can be generalized somewhat. Thus the cha rac t e r i s t i c  
ve loc i ty  requirements f o r  a Jup i t e r  capture mission ( i . e . ,  es tab l i sh ing  a 
highly eccent r ic  e l l i p t i c a l  o r b i t  around Jupi te r )  a r e  approximately the  s a m  
as f o r  a Saturn probe, so t h a t  t he  conclusions reached herein regarding the  
Saturn probe mission a r e  applicable t o  the Jup i t e r  capture mission as well .  
Similarly,  the  cha rac t e r i s t i c  veloci ty  requirements f o r  Mars and Venus 
s a t e l l i t e s  a r e  similar, so  t h a t  t he  conclusions reached herein f o r  t he  Venus 
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The gross weight of  a n  upper stage is assumed t o  consis t  of the  following 
component w e i g h t s  : propellant,  propellant tankage, propel lant  insulat ion,  
res idua l  and reserve propel lant ,  engine, power supply. s t ruc ture ,  and payload. 
Propellant i s  calculated as the  amunt  needed t o  perform the mission only, the  
weight of vaporized propel lant  being considered as part of the  insu la t ion  
system weight. 
For the  purpose of estimating propellant tank weights the curve of Fig. 31 
was used. 
above 10,000 lb, is i n  good agreemnt  with exis t ing da ta  f o r  stages with pro- 
pel lant  weights i n  the range of 20,000 t o  30,000 l b .  
This curve, which i s  calculated from Eq. (3)  f o r  propellant weights 
W PI 
W t  = 0.49 - 
P b  
(3) 
In t h i s  equation propellant weight W,' includes vaporized propellant ( i f  any) 
and i s  expressed i n  pounds, while bulk density Pb is  i n  lb/f t3 .  For Wp'less 
than about 10,000 lb, Eq. (3) is  not applicable because of the  low surface- 
t o - v o l m  r a t i o s  of the tanks and a l s o  because minimum-gauge l imi ta t ions  
prevent reduction of the tank skin thickness.  A t  the  low weights an  empirical  
cor re la t ion  was made with avai lable  data  f o r  small stages. 
Residual and reserve propellant is  assumed t o  be 2$ of Wp'for the nuclear 
and chemical stages,  but t h i s  item is  assumd t o  be negl ig ib le  i n  the  calcula- 
t i o n  of ion-propelled s tage weight. 
s tage weight, while engine weight is  fixed a t  200 l b  f o r  the  ion-propelled 
stage and 2'70 l b  f o r  the chemical stage.  As explained i n  the  t e x t  a weight 
of 1000 l b  plus  one lb per mw of power is  the estimated w e i g h t  of the  nuclear 
propulsion un i t ,  including reactor,  rocket nozzle and associated equipment. 
Weight of the  insu la t ion  system is discussed i n  Appendix 11. 
Structure accounts f o r  3 1/34 of the  gross 




TI3EFNAL PROTECTION SYSTEM 
When high-thrust  upper stages are used t o  perform the  Venus satell i te,  
Jup i t e r  satell i te,  and lunar  missions, provision must be made f o r  a thermal 
protect ion system t o  prevent excessive vaporization of t h e  cryogenic propellants.  
A thorough analysis  of t he  insulat ion problem i s  not feas ib le  here because such 
a study would i n  tu rn  require  extensive analysis of t he  s t ruc tu ra l  design of 
each vehicle.  What i s  desired i s  a reasonable estimate of t h e  amount of insu- 
l a t i o n  necessary t o  protect  a vehicle layout which would be typ ica l  of t he  
vehicles  considered i n  t h i s  study. In order t o  achieve t h i s  end t h e  following 
simplifying assumptions were made: 
1. Only cy l indr ica l  propellant tanks are considered, although t h i s  
assumption imposes a s l i g h t  weight penaltywhen the  tanks are small. 
2. Since the  Sun i s  always the  greatest  external  source of heat  flux 
and a s igni f icant  f r ac t ion  of t he  t o t a l  heat flux, one end of the  vehicle i s  
continuously pointed i n  the  direct ion of the Sun. 
3.  A constant-temperature body (520 R) which represents  the  payload, i s  
placed at t h e  opposite end. 
Fig. 32. 
The resul t ing vehicle layout i s  depicted i n  
4. The propellant tanks are always ful l .  
6 .  The insulat ion consis ts  of successive layers  of r e f l ec t ive  f o i l s .  
7. Conduction heat leaks due t o  s t ruc tu ra l  members, vents, pipes, e t c . ,  
are neglected. 
With t h e  vehicle layout shown i n  Fig. 32 there are but two sources of 
heat  f l u x  t o  the  propellant tanks, namelythe constant-temperature bodies a t  
each end. Radiation f r o m t h e  propellant tanks t o  space i s  neglected because 
the  r e su l t an t  heat f l u x  i s  always at  least an order of magnitude l e s s  than 
t h a t  from e i t h e r  constant-temperature body. 
When both hydrogen and oxygen are  transported, t he  oxygen tank should be 
adjacent t o  the  grea te r  source of heat,  since t h e  heat  f l u x  i s  proportional 
26 
t o  t he  temperature difference between propellant and heat source. 
because of  i ts  lower storage temperature (30 R ) ,  is more d i f f i c u l t  t o  protect  
than the oxygen (140 R ) .  
The hydrogen, 
The ana lys i s  was carr ied out separately f o r  nuclear  and chemical upper 
stages. 
storage of  only one propel lant ,  H2, while both 02 and H2 must be stored f o r  
t he  chemical system. 
involves consideration of heat t r a n s f e r  between propel lants  as w e l l  as between 
propel lants  and heat sources. 
The difference between the two i s  that the nuclear s tage requires 
The latter i s  the  more d i f f i c u l t  t o  analyze because it 
Nuclear Stage 
The heat f lux  through superinsulation of the types considered in 
R e f .  1 5  is c lose ly  represented by a conduction equation of the form 
where T is the temperature of the  heat source and T, that of the  propellant,  
d i s  the  insu la t ion  thickness,A the  a rea  over which heat i s  t ransfer red  andk 
an "effect ive" t h e m 1  conductivity. For hot s i d e  temperatures of severa l  
hundred degrees Rankine and cold s ide temperatures comparable t o  that of 
l iqu id  H2, the e f f ec t ive  t h e r m 1  conductivity of Fiberglass  mt insu la t ion  
determined i n  numerous experiments is 2.5 x 10-5 Btu/hr-ft  R ( R e f .  13). 
As a conservative estimate t h i s  conductivity is  doubled i n  the  ca lcu la t ions  
of t h i s  sect ion.  
In  Fig. 32, t he  subscr ipts  s and L r e fe r  t o  the constant temperature 
bodies on the  Sun and payload ends respectively. 
the  t o t a l  heat flux rate which must be absorbed by the  H2 is given by 
Thus f o r  the nuclear stage 
qh 
and, assuming the tank is  always fill, the  resul tant  vaporization rate is  
During the t r i p  ti=, t ,  the  weight of Hi vaporized m s t  therefore  be 
2 T R 2  k t 
Ah ( = - I  dL dS J w =  V 
27 
( 5 )  
( 7 )  
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and the  t o t a l  weight of insu la t ion  is 
The purpose of the  insu la t ion  system i s  t o  mximize the weight of Hz,W,, , 
which i s  not vaporized if the  i n i t i a l  stage weight i s  f ixed.  Therefore, since 
and since 
wo = w, + w. + Wh + Wf 
I (10) 
where W, is the  tank weight andWf is the remiining f ixed weight of t he  stage, 
the  quant i ty  t o  be maximized is 
wp = wo -wt -wi  -wf - w  V 
The tank weight i s  closely approximted by the empir ical  equation 
w, = .49 3.L 
ph 
where ph is  the  H2 densi ty  i n  lb/ft3.  Using Eqs .  (71, (81, (111, and (121, 
t he  r e su l t i ng  expression f o r  W, becomes 
"R2Pi  (dL+ds) 2 r R 2  k t  %-Wf w p =  - -  (13) - .49 .4 9 I +- I f -  A h  
'h ph 
If the der iva t ives  with respect t o  d, andds are made s ta t ionary  the 
r e l a t ions  
R-1297 -9 
and 
2kt  (Ts-Th) ( I + ) Ph 
pi Qh 
ds = 
a r e  found. 
. 
vaporized then become 
The r e su l t i ng  expressions f o r  the insulat ion weight and w e i g h t  of H2 
1/2 2/3 w, = X t  w, 
where the constants X and Y are functions of pi , p,, , k 
tank length t o  diameter r a t i o  which is  assumd t o  be 1.0. 
ture T, i s  520 R and the  source temperature T, depends upon the  mission. 
a conservative estimate the value of T, i s  assumed t o  be the equilibrium 
temperature of a body a t  a distance f r o m  the Sun which is  the c loses t  approach 
dis tance f o r  the  mission under consideration, 
,Ih ,T, ,Ts and the  
The payload t e m p e r a -  
A s  
Curves generated by Eqs. (16) and (17) are i l l u s t r a t e d  i n  Fig. 33 f o r  
the  three missions which require a terminal maneuver. 
weight cons is t s  of both the insulat ion and the weight of vaporized propellant.  
The t r i p  t i m e  noted f o r  each curve is  representative of t h a t  required f o r  the 
indicated mission. 
The insu la t ion  system 
Chemical Stage 
The ana lys i s  f o r  the  chemical stage e n t a i l s  a s i m i l a r  optimization but 
is  complicated by the f a c t  that there  are two propel lan ts  t o  pro tec t  and three  
surfaces to insu la te .  In addi t ion the  mix tu re  r a t i o  a t  the  des t ina t ion  should 
be specif ied but  the  i n i t i a l  mixture r a t i o  w i l l  depend upon the  amounts of H2 
and O2 vaporized during the t r i p  and the  mixture r a t i o  desired a t  the  des t ina t ion .  
Since the ana lys i s  f o r  t h i s  case ‘is similar i n  nature t o  that of the nuclear 
stage t h e  equations w i l l  not be included here.  
insu la t ion  system w e i g h t s  consis t  l a rge ly  of t h e  insGlation i t se l f .  
weight of vaporized 02 i s  ord inar i ly  greater than t h a t  of vaporized H2, but 
i n  the  case of t he  lunar  mission this  trend i s  reversed, apparently because 
of t h e  short  t r i p  times f o r  t h i s  mission. 
however, t h e  i n i t i a l  mixture r a t i o  i s  l e s s  than t h a t  at t h e  dest inat ion.  
I n  general  t he  resu l tan t  
The 
Even f o r  t h e  lunar s a t e l l i t e  mission 
In  Fig. 34 typ ica l  insulat ion systemweights a re  shown f o r  chemical upper 
stages.  
vaporized propellant as wel l  as the  weight of t he  insu la t ion  i t se l f .  
A s  i n  Fig. 33 the  insulat ion system weight includes the  weight of 
R-1297-9 
TABLE I 
Typica l  Weight Breakdowns for  Venus S a t e l l i t e  Mission 
Saturn C-1 Launch Vehicle 
Staging 
Specific Impulse, sec 









Power Supply Weight 
Propellant Weight 
Payload Weight 
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EFFECT OF POWER SUPPLY FRACTION ON 
ELECTRIC PROPULSION PERFORMANCE 
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IDEAL PAYLOAD FRACTIONS FOR MISSIONS IN FIELD-FREE SPACE 
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I 
FIG. 5 
EFFECT OF POWER SUPPLY FRACTION ON PAYLOAD FRACTION I 
VENUS SATELLITE MISSION 
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LUNAR SATELLITE MISSION 
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USE OF SAME POWER SUPPLY IN TWO VEHICLES 
VENUS SATELLITE MISSION 
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VENUS SATELLITE MISSION 
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LUNAR SATELLITE MISSION 
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FIG.  20  ~ 
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COMBINED USE OF HIGH AND LOW THRUST 
FOR VENUS SATELLITE MISSION 
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